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FLOW-FIELD INVESTIGATIONS ON THE X-15 AIRPLANE 

AND MODEL U P  TO HYPERSONIC SPEEDS 

By L. J. McLain and Murray Palitz 
Flight Research Center 

SUMMARY 

Flight-measured impact pressures and local Mach numbers near  the surface of 
the rear-lower-fuselage centerline, wing lower surface, and upper vertical tail of the 
X-15 airplane are presented and compared with calculated results and wind-tunnei data 
In addition, wind-tunnel -derived total pressures in the rear-lower-fuselage flow field 
are presented. The flight measurements are presented over a free-stream Mach 
number range of 1 to 5.7 and an angle-of-attack range of 0" to 20". The wind-tunnel 
measurements cover a Mach number range of 4 .0  to 8.0.  

The calculated predictions of Moeckel-Love and Inouye-Lome at an angle of 
attack of 0" gave reasonable estimates of the flight-measured flow-field parameters in 
the three local-flow regions. 
fuselage were  somewhat lower than wind-tunnel measurements, whereas the flight and 
wind-tunnel measurements for the vertical tail and wing lower surface showed good 
agreement. 

Flight-measured impact pressures near the rear lower 

INTRODUCTION 

One of the major objectives of the X-15 research program was to provide high- 
velocity aerodynamic data on an airborne vehicle. To accomplish this objective, ex- 
tensive flight and wind-tunnel investigations of the local flow around the vehicle were 
conducted. Flight data from these investigations in the form of surface pressure coef- 
ficients for the forward fuselage, wing, and vertical tail are presented in references 1 
to 3 ,  respectively. The results from similar wind-tunnel investigations are presented 
in references 4 to 6. Flight and wind-tunnel flow-field measurements obtained along 
the lower centerline of the ogive section of the fuselage up to approximately 32. 5 nose 
diameters downstream of the nose are presented in reference 7 .  Some local Mach 
number measurements obtained in flight on the lower surface 01 the wing and upper- 
vertical-tail surfaces of the X-15 are included in references 8 and 9,  respectively. 
Schlieren photographs are analyzed in rei:?rence 10 in order to determine the flow field 
in the rear-lower-fuselage region. 
flow field at the Arnold Engineering Development Center are presented in refemnces 11 
and 12. 

Results of wind-tunnel tests of the lower-fuselage 

This paper presents and analyzes additional wind-tunnel and ilight flow-field 
parameters on the X-15 airplane. The regions investigated incluue the rear lower 



fuselage, the lower surface of the wing, and the upper vertical tail. Flight impact and 
static pressures and Mach numbers at two stations along the lower surface of the fuse- 
lage are compared with wind-tunnel data and calculated values. 
are made for two upper-vertical-tail configurations and for several positions on the 
lower surface of the right wing. 

Similar comparisons 

The flight data extend through the boundary layer to 12 inches (30.5 centimeters) 
from the local aerodynamic surface and cover a Mach number range of 1 . 0  to 5.7 and 
Reynolds numbers varying from 0 . 2  x 106 to 2 .0  x 106 per foot (0.655 x lo7  to 
6.55 x 107 per meter). The corresponding wind-tunnel data also extend well past the 
boundary layer and cover a Mach number range of 4.0 to 8 .0  at a Reynolds number of 
approximately 3.5 x 106 per foot (1.15 x l o 7  per meter). 
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span of the upper vertical tail, 83 in. (211 cm) (fig. 2(b)) 

chord length, in. (cm) 

length used to normalize vertical-tail rake positions, 100 in, (254 cm) 

maximum fuselage diameter , excluding external fairings , 56 in. (142 cm) 

diameter of leading edge of blunt-leading-edge tail, 1 . 0  in. (2.54 cm) 

length of airplane, 594 in. (1510 cm) 

Mach number 

static pressure,  lb/sq f t  (N/sq m) 

impact pressure (total pressure behind normal shock) , lb/sq ft (N/sq m) 

surface static pressure,  lb/sq f t  (N/sq m) 

total pressure, lb/sq f t  (N/sq m) 

dynamic pressure, 0 .7  M2p, lb/sq f t  (N/sq m) 

wing leading-edge radius, in. (cm) 

distance measured longitudinally along aircraft surface, in. (cm) 

distance measured laterally along aircraft surface, in. (cm) 

distance measured vertically from datum, in. (cm) 

angle of attack, deg 

angle of sideslip, deg 
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Y specific-heat ratio, 1 .4  

(9 circumferential angle on fuselage (fig. 2(a)), deg 

Subscripts: 

1 local conditions (within the flow field) 

a3 free -stream conditions 

AIRPLANE AND MODEL DESCRIPTION 

Ai rpl ane 

The X-15 is a single-place, rocket-powered, research airplane capable of speeds 
in excess of 6000 feet/second (1.83 kilometers/second) and altitudes greater than 
300 , 000 feet (91.4 kilometers). It is launched from a B-52 car r ie r  aircraft at a Mach 
number of 0 .8  and an altitude of about 45,000 feet (13.7 kilometers). A photograph of 
the airplane is shown in figure 1. The forward fuselage consists of a spherical-nose 

ES 2118 
Figure 1.- X-15 airplane in flight. 

flow-direction sensor faired into an ogive forebody through two truncated cones (ref .  13). 
The ogive is generated from the a rc  of a 700-inch- (17.8-meter-) radius circle which 
intersects the second truncated cone 16.7 inches (42.4 centimeters) behind the nose 
(fig. 2(a)) and is tangent to the cylindrical fuselage at a rearward distance of 190 inches 
(483 centimeters). Two leading-edge configurations on the upper vertical tail were 
used for these tests: a (sharp) 0.030-inch- (0.076-centimeter-) diameter leading edge, 
and the normal (blunt) 1. 0-inch- (2. 54-centimeter-) diameter leading edge (ref. 9). 
Each leading-edge configuration was faired into a 10 O included-angle wedge. The 
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exposed wing panel has a modified NACA 66005 airfoil section with a taper ratio 
of 0 . 2 7  and an aspect ratio of 2 . 1 5 .  The leading edge is swept back 36.75", and 
the trailing edge is swept forward 1 7 . 7 4 " .  

Model 

The 0.067-scale heat-transfer and pressure model of the X-15 was used for most 
of the wind-tunnel tests. Limited tests were also made with a 0. 02-scale model. A 
detailed description of the model is given in reference 5. In addition to the blunt leading 
edge, a sharp leading edge was used on the vertical tail during the M, = 4 . 7  tests. 

INSTRUMENTATION 

Flight 

The airplane rake and pitot-tube installations are  shown in figures 2(a) to 2(c). 
The rakes were constructed from Inconel tubing sandwiched between Inconel plates 
with either a rounded o r  a sharp leading edge. 
airplane surface were located near the base of the rakes. Aerodynamic design in- 
formation for the rakes was obtained from wind-tunnel investigations (for example, 
ref.  14). 
the leading edge of the vertical tail. 

Static-pressure orifices flush with the 

Impact pressures were also obtained from single pitot tubes extending from 

I = 594 in. 
(1510 cm) 

D = 56 in. 
(142 cm) 

Rake, Pirot tube,\ I I -4 
x '  i = 0.56 'f = 0.76 

I 
Z 
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I 
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1 0.5 (1.27) 

1.5 (3.81) 
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iiiL 
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4.0 (10.16) 
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6.0 (15.24) 

rake- 

//--z in.?? in.- 
Probe inne r  diameter = (5.08cm) (5.08cm) 

0.116 in. (0.294 cm) 

(a) Fuselage. 

Figure 2.- Rake and pitot-tube installations on X-15 airplane. 
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(b) Tail. 

Figure 2.- Continued. 
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73-percent chord 

63-percent semispan - 1/ 
75in.  (0.95cm) / I 

Leading-edge radius = 

4 in. 
(10.16 cm) 

‘I 

r Wing lower surface 

7 

Probe inne r  diameter = 0.116 in. (0.294 cm) 
! at 0.5-in. (1.27-cm) centers 

L l  

(5.08 cm) (5.08 cm) 

Wing rake 

(c) Wing lower surface. 

Figure 2.- Concluded. 

Pressures were recorded on standard NACA aneroid-type manometers. The accu- 
racy of the system was about 1 percent of the full-scale pressure range. The data were 
generally measured at pressure values near one-half scale, which resulted in an overall 
accuracy of about 2 percent for individual measurements. Angles of attack and sideslip 
were obtained from the ball-nose flow-direction sensor,  as discussed in reference 13. 

Altitude and free-stream velocity were obtained by radar,  and free-stream static 
pressure from balloon ascent data. Both techniques a re  discussed in detail in refer- 
ences 15 and 16. The estimated accuracy of each air-data parameter was as follows: 
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Parameter 

M, 

P 

p, 
Pi, 

a! 

Estimated accuracy Source 
& O *  1 

+ O .  5" 

+os  5" 

k2 lb/ft2 (*96 N/m2) 

&6 lb/ft2 (1287 N/m2) 

Al l  measurements were correlated with a common timer. 

Wind Tunnel 

Reference 15 

Reference 13 
Reference 13 

References 15, 1 6  

References 15, 16 

The data presented in this p/apeF were obtained from the Arnold Engineering Devel- 
opment Center's (AEDC) von Karman Gas Dynamics Facility (VKF), Tunnels A and B, 
and the NASA Langley Research Center's (LRC) Unitary Plan and 11-inch 
(27.9-centimeter) hypersonic wind tunnels. The tunnel data through M, = 6 . 0  were 
from the AEDC VKF Tunnel A. The VKF Tunnel B was used to obtain the M, = 8 . 0  

data. Fuselage data and schlieren 
photographs used to analyze shock positions were obtained from tests of the 0.067-scale 
model in the Langley Unitary Plan tunnel at M, = 4.7. Also, schlieren photographs 

used to analyze shock positions were obtained with a 0.02-scale model in the Langley 
11-inch (27.9-centimeter) supersonic tunnel at M, = 6.9. The 0.02-scale model is 
described in reference 17. The wind tunnels are described in detail in references 18 
and 19, and the AEDC instrumentation and test equipment are shown in figures 3(a) to 
3(c) and described in reference 12. 

These tests were made with the 0.067-scale model. 

/E - 39.28in. 
(99.79 c m )  

17.85 in. 
I< - 

(1.60 cm) 

< 
40' < 

Cone-orifice i nne r  
diameter = 0.024 in 
(0.061 cm) 

(a ) Fuselage probe. 

Figure 3.- AEDC wind-tunnel instrumentation on X-15 model. 

Wi nd-tu n ne1 probe 
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f 
1.167 (2.964) 

(b) TaiI rake. 

Survey plane 
79-percent chord - Flow 

0.0285 in. (0.0723 cm) 

66-percent sem- 1 -\f 
Leading-edge radius = 
0.0377 in. (0.0957 cm) 

c = 5.603 in. 
(14.232 cm) 

Rake 1 

Lu 
Probe i n n e r  diameter = 0.040 in. (0.102 cm) 

(c) Wing lower-surface survey for wind-tunnel model. 

Figure 3.- Concluded. 

8 



TEST CONDITIONS AND PROCEDURES 

The flight data were obtained at altitudes up to 120,000 feet (36.6 kilometers) and 
Mach numbers up to 5.7. The pressure data for the wing and lower fuselage were ob- 
tained at quasi-steady flight conditions. At these conditions the rate of change of angle 
of attack was less than 1 degree per second. The angle of sideslip was restricted to 
less than +lo. 
(0.655 X 106 to 6.55 X 107 per meter). The rake data on the vertical tail were obtained 
between airplane angles of attack of &lo and effective tail deflections (sum of the air -  
plane sideslip angle and tail deflection angle) of less than &lo. Free-stream dynamic 
pressures were greater than 200 lb/ft2 (9.57 kN/m2) for all conditions. 

The Reynolds number varied from 0 . 2  X 106 to 2 .0  X 106 per foot 

The wind-tunnel test conditions and procedures are  discussed in references 11 and 
12. 

PRESENTATION OF RESULTS 

Al l  pressure data a re  nondimensionalized with respect to free-s tream conditions. 
Static pressures a re  presented as a ratio of local static pressure p to free-stream 
static pressure p, and impact pressures as a ratio of local impact pressures pi 
to free-stream impact pressures pi,, where pi and pi a r e  the total pressures 

behind the pitot-tube normal shock in the flow field and free stream, respectively. 
approach simplified correlation between flight, wind-tunnel, and theoretical data. 

00 

This 

Airplane coordinates a r e  normalized with respect to appropriate characteristic 
dimensions of the airplane. Model coordinates were converted to equivalent airplane 
coordinates for the presentation of the model data. 

Local Mach numbers were obtained by using the Rayleigh pitot-tube formula based 
on the surface static pressure and the measured impact pressures in the flow field up 
to 6 inches (15.24 centimeters) from the surface. 

Total-pressure values near the surface were obtained by using the isentropic re- 
lationship between local Mach number (derived from impact pressure) and the local 
static pressure (assumed to be the surface value). 
behind the bow shock were derived from shock angles, which were obtained from 
schlieren photographs. 

The total-pressure values directly 

DISCUSSION 

Fuselage 

Axisymmetric theory.- The basic shape of the X-15 fuselage, excluding canopy, 
side fairings, and wings, is assumed by theory to be an axisymmetric ogive-cylinder 
with a spherical nose at the forward stagnation region. The Inouye-Lomax numerical 
procedure (ref. 20) was used to calculate the flow properties along the ogive-cylinder at 
zero angle of attack. This procedure uses the Fuller blunt-body solution (ref. 21) to 
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provide the flow properties in the subsonic and transonic regions around the forward 
stagnation point. 
characteristics procedure to obtain static pressure,  local Mach numbers, total pres- 
sure ,  and other flow properties. The Inouye-Lomax method was shown to adequately 
predict the flow development over the forward ogive of the X-15 airplane in reference 7. 
Therefore, this method is also used to predict the flow along the aft (cylindrical) por- 
tion of the fuselage. 

These results are then used as starting conditions for the method-of- 
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I 
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- 

- 

- 
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- 

I I 1  
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Local Mach number and normalized static pressures through the flow field at sev- 
eral  longitudinal stations along the lower centerline of the cylindrical fuselage, ob- 
tained by the Inouye-Lomax procedure, a r e  presented in figure 4. The local Mach 

Z z 
number variations from - = 0 . 1  to the shock or  to a maximum - of 1 . 8  are pre- D D 
sented in figure 4(a) at several stations along the fuselage for Mm = 4. 0 ,  6. 0 ,  and 
8 . 0 .  The local Mach numbers increase above the free-stream Mach numbers at 
- = 0.757 for all three free-stream Mach numbers and then decrease as a result of 

L 
a recompression of the flow field. The local Mach number gradient through the flow 
field for each fuselage position increases with increase in free-stream Mach number. 

X 

x_ 
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I 1 1 1  
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M l  

(a)  Mach number. 
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618 712 7!6 8.0 8.4 
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Figure 4.- Variation of Mach number and stat ic  pressure through the flow f ie ld at 
a = 00 a s  predicted by the Inouye-Lomax solution. 
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The normalized static-pressure variations from the surface to the shock or  to a 
2 maximum - of 1 .8  are presented in figure 4(b) at several stations along the cylinder. D 

The static pressures at = 0. 320 (ogive-cylinder junction) show a variation through 

the flow field accompanying the variation of Mach number in this region. It should be 
noted that the static pressures remain constant to greater distances into the flow field 
with increasing distance downstream from the ogive-cylinder junction. 
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(b) Static pressure. 

Figure 4.- Concluded. 

Wind-tunnel tests. - The 0. 067-scale heat-transfer and pressure model was  used 
for these tests. Some of these data w e r e  previously reported in reference 12. 
present paper includes several additional fuselage stations as we l l  as a comparison with 
the Inouye-Lomax solutions. 
reference 12 are also included. 

The 

The Gallo-Rakich comparisons (ref. 22) as used in 

Impact pressure and cone-measured surface static pressures (fig. 3(a)) were ob- 
tained from the lower centerline through the flow field at several stations along the rear 
fuselage. 
fairing shocks. 

Schlieren photographs w e r e  used to obtain the locations of the bow and side- 
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% e  
7 Z Impact-pressure measurements obtained from the surface to a maximum - of 1.0 D 

into the flow field are presented in figure 5 for Mm = 4.0, 6. 0, and 8.0 at 0" angle of 
attack. The Inouye-Lomax calculations of normalized impact pressure agree with the 
measurements through the flow field at all the stations shown. The Gallo-Rakich values 
also show good agreement with the wind-tunnel data at the station at which they are com- 
pared. The impact-pressure level from 0.18 diameter to 0.36 diameter from the sur- 
face is relatively independent of longitudinal distance over the Mach number range at 
a = 0". This is believed to result from the constant Mach number and static-pressure 
levels through this region (fig. 4). The impact pressures  beyond 0.36  diameter in- 
crease in magnitude, reaching a maximum value at the shock or at the maximum survey 
height. In addition, the pressure levels through this area decrease as longitudinal 
distance increases. 

Wind x 
tunnel I 

0 0.505 
0.581 

A 0.606 
0.656 

v 0.732 Z 

_ - _ _  I nouye-Lomax theory 
-- __ Gallo-Rakich theory(5 = 0.735) 

1 

P i  

Pi, 

Figure 5.- Variation of normalized impact pressures through the model flow field along the lower centerline. 
a = 00. 

I 

1.8 

The total-pressure variation in the flow field results from the characteristics of 
the bow-shock shape, The bow-shock angle varies continuously from a value of 90" at 
the stagnation point of the spherical nose to values approaching the Mach wave many 
diameters downstream. This variation in shock angle results in the total pressure,  
within the flow field, varying from a minimum value at the surface to a maximum value 
directly behind the shock at each cross-sectional location along the aft cylinder. 
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X The embedded shock originating from the side fairings beginning at - = 0.256 (see 
ref. 12) causes additional losses in the local total pressures in the flow field. This re- 
sults in further reduction of the local Mach numbers and an increase in the magnitude of 
the local static pressure in the regions affected. Total-pressure values obtained from 
the static and the impact pressures close to the surface (but above the boundary layer) 
and near the bow shock a r e  presented in figure 6 for a = 0". The data a re  presented 
at several stations along the lower centerline and a re  compared with the Inouye-Lomax 
and the Gallo-Rakich calculations. The calculated values at Moo = 4.0 and 6.0 agree 

with the measurements near the surface and at the shock. The disagreement between 
the calculations and measurements near the surface at M, = 8.0 is thought to be 

caused by total-pressure losses resulting from the embedded shocks not accounted 
for by theory. This deviation is not observed for total-pressure values obtained in 
regions near the bow shock unaffected by the embedded shocks (see ref. 12). Longi- 
tudinal distance seems to have little effect on the total-pressure levels. 
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Pt 

Figure 6.-  Variation 0- Lotal pressure through the model ..JW field along the lower centerline. a = 09 

Flight measurements. - Normalized values of impact pressures obtained from the 
6-inch (15.24-centimeter) probe of the fuselage rake and the pitot tube in the lower 
vertical tail (12 inches (30.48 centimeters) below the fuselage) are presented in fig- 
u re s  7(a) and 7(b), respectively, over a free-stream Mach number range of 0.8  to 5.7 
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g! 
@ 

with the Inouye-Lomax theory at a = 0". 3 

at angles of attack of 2" and 10". The flight data a re  compared with wind-tunnel data 
taken along the centerline of the model at comparable distances from the fuselage and 

1 

Considered independently, the wind-tunnel values would indicate higher impact pres - I 

sures  than measured in flight. A t  both fuselage stations the wind-tunnel data at 
Ma = 4. 0 a re  significantly higher than the flight data, whereas the values for the higher 

Mach numbers show better agreement with the flight data. 
flight data agrees with the Inouye-Lomax solution for 

The general level of the 
a! = 0". 

0, z 
deg D 

0 2 0.107 

i 

1 
D 

1.4 

Flight 1 0.1°7 
0.224 

( 0 10 0.224 

10 0.224 lLRC ref. 12) 
Fairing 

_ _ _ -  Inouye-Lomax theory (a = 0") 

1.2 

1.0 

.a  

pi 
Pi, 

0 1 2 3 4 5 6  

(a) Rake impact pressures, f = 0.56. 

(b) Pitot-tube impact pressures, = 0.76. 

Figure 7.- Comparison of flight measurements along the lower fuselage 

with wind-tunnel data and theoretical calculations. 
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The normalized surface static pressure and Mach number values obtained in flight 
X at - = 0.56 a re  presented in figures 7(c) and 7(d), respectively, and are  compared 1 

with equivalent wind-tunnel data and theory. 
a = 10" show no appreciable difference from the wind-tunnel data obtained at a = 10". 
The flight measurements at a = 2" are somewhat different from the wind-tunnel data 
and Inouye-Lomax theory at a = 0". This variation is attributed to the difference in 
angle of attack between the flight conditions and the wind-tunnel and theoretical results. 

The flight measurements obtained at 

2 0.107 
Flight f E 10 0.107 

Wind 0 0 0.107 
tunne l  f 10 0.107 
- Fairing 
--- - Inouye-Lomax theory (a = 0") 

I I I I I ltf-l 1 I 

I 1  
0 1 2 3 4 5 6  

MW 
0 1 2 3 4  

(c) Surface stat ic  pressure, = 0.56. I 

- 
5 6  

(d) Mach number, = 0.56. 1 

Figure 7.-  Concluded. 

Vertical Tail 

Swept-wedge theory. - The Inouye-Lomax numerical procedure was used to calcu- 
late local Mach number and static pressures through the flow field of a 10" swept wedge 
with the standard (blunt) leading edge. The calculated values extend through the flow 
field to the shock. The flow field was generated by using the normal component of the 
free-stream velocity on the equivalent normal wedge shape (half angle = 5.77"). The 
parallel component of the velocity unaffected by the shock was added to the calculated 
values for the equivalent wedge. 

The normalized static pressures through the flow field at MW = 4.7 are presented 
in figure 8(a) at several longitudinal locations. The effect of increasing longitudinal 
distance on the static pressures results in a decrease in both the pressure level and the 
gradient from the surface. 
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- 1  

The Mach number values through the flow field are presented in figure 8(b) at two 
representative stations along the chord. 
creasing distance downstream as the result of the greater flow expansion downstream of 
the leading edge. As can be seen in both figures, the oblique-shock calculations ade- 

quately predict the local-flow conditions at the 

The Mach number level increases with in- 

= 50 station and $ greater than 5. 

- - _ _  I nouye-Lomax theory 
Oblique-shock calculation 

x 
d 

50 
25 
7 
/ 

/ 
I 
I 
I 
I 

I Shock position 
I 5 12.5 I 0 

/ 
I / 

5 

I 
r 

!! 
d 

5011 

Ii 
1 :  

I 
I 
I 
I 
I 
I 
I 
I 
I 
I 

I 
I 

I 
I 

/ 
/ 

/ 
/ 

. .  I I ,; I I I 01 I I  I I I I 
2.2 3 . 0  3 .8  4 . 6  2.0 2.8 3 . 6  4.4 5.2 

P MI 
P, 

(a) Normalized stat ic  pressure. (b) Local Mach number. 

Figure 8.- Theoretical variation of normalized stat ic  pressures and Mach number on a swept 
blunt wedge at a = 00 a s  predicted by the Inouye-Lomax solution at  Ma, = 4.7. 

Flight measurements. - The upper vertical stabilizer is located in the flow field af- 
fected by the forebody shape. 
termined by impact-pressure measurements from pitot tubes extending from the 
leading edge of the tail at three span positions (fig. 2(b)). 

The flow conditions in front of the vertical tail were de- 

The normalized impact-pressure values can be shown to approximate normalized 

dynamic -pressure values (see appendix). The normalized dynamic p res su res  pro- 

vide some indication of the flow gradients in this region. 
are presented as functions of free-stream Mach number and angle of attack at constant 
span locations in figures 9(a) to 9(c). Local dynamic-pressure values decrease near 
the leading edge of the vertical tail with increasing Q o r  Ma. At the higher angles of 

attack, the blanketing effect of the canopy and fuselage on the flow causes a decrease 

qco 
The blunt-vertical-tail data 
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in total pressure and, consequently, a decrease in the local dynamic pressure. At a 
constant a the local dynamic pressures decrease as Mach number becomes greater. 
This decrease is attributed to the total-pressure losses in passing through the stronger 
bow and canopy shocks. For constant M, and a ,  the local dynamic pressure in- 
creases with distance from the fuselage. 
with distance from the fuselage for  any given Mach number. 

The gradient in dynamic pressure decreases 

1.0- 
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. 6 -  
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O I I I I I  I I I I I 
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A 20 

- Fairing 

Mw 

z 
(c) - = 0.45. 

bvt 

Figure 9.- The effect  of free-stream Mach number and angle of attack on the local dynamic pressures 
in front of the blunt upper vertical tail at three span locations in flight. 
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Normalized impact-pressure measurements obtained from rakes installed at two 
chord positions on the surface of the sharp-leading-edge upper vertical tail and two 
chord positions on the blunt-leading-edge vertical tail a r e  presented in figure 10. The 
data a re  presented as a function of free-stream Mach number for constant tube heights 
from the surface at zero angle of attack. The normalized impact-pressure data for 
the sharp-leading-edge configuration a r e  presented in figure lO(a). 
show good agreement with the wind-tunnel results and no apparent effect of chord or  
span positions. 
position up to M, = 4.7 at distances beyond 1. 5 inches (3. 81 centimeters) from the 
surface. 
boundary-layer growth along the wedge surface (ref. 9). The boundary-layer thick- 

The flight data 

The data indicate that no gradient along the probe exists at either 

The reduction in impact pressures below this height is attributed to 

A nesses a re  estimated to vary from 0.439 inch (1.115 centimeters) at - = 0.27 

to 1.37 inches (3.48 centimeters) at 7 = 0.90 for M, = 2,  and from 0.37 inch 
vt C 

X 

"vt X 
= 0 .27  to 1. 19 inches (3.02 centimeters) at - = 0.90 X (0.94 centimeter) at - 

vt C vt C 

for M = 4 . 0 .  
CO 

Normalized impact pressure data for the blunt-edge configuration a r e  presented 
in figures 10(b) and lO(c). The data at both chord positions show a gradient from 

1.6r  

- t  I I I 1 

2 3 4 5 6  
0 

(a) Sharp leading edge, X = 0.27  and 0.70. 
Cvt 

(b) Blunt leading edge, = 0.27. 
Cvt 

pi 
Pi, 

Y, 
Flight in.  (cm) 
0 4.5 (11.43) 
0 3.5 (8.89) 
0 2.5 (6.35) 
A 2.0 (5.08) 
A 1.5 (3.81) 
D 1.0 (2.54) 

X Flagged symbols -- = 0.70 

Solid symbols - wind-tunnel data (2 =: 0.70) 
Cvt 

cvi 

B x--l 

(c). Blunt leading edge, = 1.02. 
Cvt 

Figure 10.- Effect of free-stream Mach number on the normalized impact pressures 

on the upper vertical tail at a = Oo in flight. 
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1 . 0  inch to 4.5 inches (2.54 centimeters to 11.43 centimeters) from the surface. 
gradient increases with increasing Mach number. 
tween the two locations is believed to be partially due to the difference in lateral 

location (see fig. 9). 

compare well with the flight data at - 
Cvt 

at - M 0.27. 

The 
The pressure-level difference be- 

X The wind-tunnel data for M, = 4.7, obtained at - M 0.70,  

1.02 but deviate from the flight data obtained 
cvt 

X 

X This deviation is attributed to the differences in chord positions. 
cvt 

Local Mach numbers derived from the flight-measured impact and surface static 
pressure a re  presented in figure 11 at M, = 5.0.  
figure ll(a) for the blunt- and the sharp-leading-edge configurations. 
numbers through the flow field are compared with results obtained from the Inouye- 
Lomax solution and the simpler Moeckel-Love method1 as well as the attached oblique- 
shock calculations. 
configuration compare well  with the values obtained from the oblique-shock calculations 
above the boundary layer. 
level and trend of the data obtained on the blunt-leading-edge configuration. The effect 
of chord position is shown in figure l l (b) .  A greater effect of chord position is 

The data obtained are shown in 
The local Mach 

The local Mach numbers obtained on the sharp-leading-edge 

The Inouye-Lomax and Moeckel-Love methods predict the 

Y. 
in. 

Flight 
Cvt 

o 0.27, b lunt  
A 0.27, sharp 

-_--- I nouye-Lomax theory 
Moeckel-Love theory 
Oblique-shock calcu latton 

I 

2 
MZ 

(a) Effect of nose configuration. 

- 12 

Y, 
- 8  cm 

- 4  

-0  

Y. 
In. 

%=- a 
Flight & 
0 
0 

O o Z 7  1 b lunt  
1.02 

I 

2 

(b) Effect of chord position on blunt-leading-edge tail. 

Figure 11 .- Comparison of flight-measured upper-vertical-tail local Mach number profiles with theory at 

M,= 5.0, a = 0 O .  
. . . . . .  

~ . - - - 

'The Moeckel-Love numerical procedure used to calculate Mach number profiles 
in the shear layer for detached shock waves is outlined in reference 23. The procedure 
is based on Moeckel's method (ref. 24) with Love's modification for predicting the sonic 
point on the shock wave (ref. 25). The method is used to predict the local Mach number 
in areas where the surface static-pressure values are known and are assumed to re -  
main at the surface static values for small distances above the surface. 
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.$ 

,1 apparent in the flight data than in the predicted values. 
disturbances originating from the leading-edge tip and junction of the leading edge and 
the fuselage of the vertical tail. 

The deviation is attributed to 

Local Mach numbers over the Mach number range tested a re  presented in fig- 
ures 12(a) and 12(b). The derived Mach number values for the sharp leading edge a re  
compared with the oblique-shock calculations in figure 12(a) and show good agreement. 
In general, the flight data for the blunt leading edge (fig. 12(b)) agree with the Moeckel- 
Love calculations at all probe heights. 

oblique-shock calculation for the blunt leading edge at 2- = 1.02  and y = 4.5 inches 

(11.4 centimeters). 

The flight data show good agreement with the 

Cvt 

(a) Sharp leading edge.  

%=- 
LA 

Y. 
in. (cm) 

0 4.5 (11.43) 
0 2.5 (6.35) 
0 1.0 (2.54) 

Moeckel-Love theory 
Oblique-shock calculation 

0 2 4 6 0 2 4 6 
Mm Mm 

(b) Blunt Leading edge .  
Figure 12.- Comparison o f  flight-measured local Mach number on the upper vertical tail with calculated results 

at a = 00. 

Wing 

Swept-airfoil theory. - The Inouye- Lomax numerical procedure was used to cal- 
culate the flow conditions around an airfoil section having the same cross-sectional 
shape as  the X-15 wing. 
leading edge was used to generate the flow field. 
the wing shock was added to the predicted velocity within the flow field. 
velocities were used to obtain local Mach number and impact-pressure distributions 
through the flow field. 

The free-stream Mach number component normal to the 
The velocity component unaffected by 

The resultant 
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The predicted Mach number and static-pressure values through the flow field for 
the wing a re  presented in figure 13 at the two Mach numbers of the wind-tunnel tests,  
M, = 5.0  and 8.0. Normalized static-pressure values from the surface to the shock 

at selected chord locations for y from 10 to 187 a re  presented in figure 13(a). 

detached leading-edge shock causes large gradients in the static -pressure distribution 

through the flow field near the leading edge, for example, at - = 10. The effect of the r 
shock on the pressures diminishes rapidly with increasing -. This results in a de- r 
crease in the gradient through the flow field, a t  a given Mach number. The effect of 
increasing Mach number is to generally increase the pressures at a given position in 
the flow field. 

X The 

X 

X 

X For a given 7 the pressure gradient also increases with Mach number. 

Local Mach number values from the surface to the shock a re  presented in fig- 
ure 13(b). 
level with increasing chord length and free-stream Mach number. The increase in 
magnitude results from the expansion of the flow around the airfoil section. 

The local Mach numbers through the flow field show a general increase in 

The 
relatively large variation in Mach number near the surface, below 

from the total-pressure variation in this region. 
a total-pressure variation in the inviscid flow field resulting from the rapidly 
changing shock angle near the stagnation region. 

10 ,  results r 
The detached shock wave produces 
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Figure 13.- Variation of Mach number and stat ic  pressure along the wing surface 
at  (1 = Oo as predicted by the Inouye-Lomax solution. 
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Wind-tunnel surveys. - The wing of the X-15 is partially immersed in the flow field 
of the body. The position of the bow shock relative to the wing is shown in figure 14. 
The bow-shock position is shown at two Mach numbers for which schlieren data are 
available. Also shown in the figure are the two span positions at which impact pres- 
sures  were obtained. As  can be seen, the 66-percent semispan is within the flow field 
of the body for both Mach numbers, whereas the 91-percent-semispan position is out- 
side the bow shock for free-stream Mach numbers greater than 6.9. 

Survey areas, 

Figure 14.- Location of the survey areas on the wing lower surface relative to the bow shocks 
of the wind-tunnel model  at a = 00. 

Normalized impact pressures from the wing lower surface through the flow field 
along both test positions for ct = 0" are presented in figures 15(a) to 15(d). The data, 
obtained at several chord positions at M, = 5.0  and 8 .0 ,  are compared with calculated 

results from the Inouye-Lomax and Moeckel-Love numerical procedures. The Inouye- 
Lomax calculations show good agreement in level and trend with the data obtained at 
the first chord position along the outboard row (figs. 15(a) and 15(b)). The deviation in 
agreement between calculations and measurements beyond this chord position is attri- 
buted partially to disturbances arising from the wing tip. The measurements along the 
inboard row are also compared with these calculations (figs. 15(c) and 15(d)). This row 
is within the flow field of the body at both Mach numbers; nevertheless, good agreement 
is shown in level and trend at the first chord station. Although a reduction in Mach 
number (see fig. 4(a)) occurs forward of this row (ahead of the wing), it is thought that 
the increase in static pressure within the body flow field has a compensating effect on 
the local impact pressures. A divergence in level between the measurements and the 
houye-Lomax calculations occurs with increasing distance downstream. 
trend of the theory appears to follow the trend of the measurements through the flow 
field. 

However, the 

The Moeckel-Love calculations based on the measured surface static pressure and 
free-stream Mach number show good agreement in level with the measurements up to 
approximately 4 inches (10.16 centimeters) from the surface at both test rows. 
values for the Moeckel-Love calculations reach a plateau at about z = 4 inches 
(10.16 centimeters), whereas the Inouye-Lomax values increase. The Moeckel-Love 
calculations assume a constant static pressure through the flow field, but the Inouye- 
Lomax method calculates a new static pressure at each height below the wing surface. 
Greater deviation between the Moeckel-Love calculatCons and the measurements exists 
at M, = 8 .0  than at M, = 5.0. 

The 
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Figure 15.- Comparison o f  wind-tunnel impact-pressure distribution through the flow field 
of the wing lower surface with calculations at a = Oo and M m  = 5.0 and 8.0. 
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Normalized impact pressure as a function of angle of attack is presented in fig- 
The data were obtained at ures  16(a) and 16(b) for M, = 5.0 and 8 .0 ,  respectively. 

the 79-percent chord of the inboard row. 
numerical procedure are compared with the measured data. A s  shown, the Moeckel- 
Love calculations agree with the measured data for Ma = 5 .0  at Q! = 0" and 10" up to 

approximately 4 inches (10.16 centimeters) from the surface. Greater deviation exists 
between the measured and calculated values at Mo3 = 8 .0  than at Ma = 5 .0 ,  partly be- 

cause of the effect of the bow shock on the flow. 
affecting the flow at this location, as shown by the sharp discontinuities in the flow at 
a = 10" and 20". 
shock and the wing shock. 

The calculations from the Moeckel-Love 

There appears to be an embedded shock 

This discontinuity probably results from the interaction of the bow 
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Figure 16.- Effect of angle o f  attack on the wind-tunnel impact-pressure distribution 

through the flow field of the wing lower surface at the 66-percent-semispan position. 
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Flight surveys. - A rake at the 73 -percent chord of the survey area was used to 
obtain impact-pressure measurements up to 4.0 inches (10.16 centimeters) from the 
lower surface of the wing. Normalized impact-pressure values obtained in flight on the 
wing are  presented in figure 17 at constant heights below the surface over the angle-of- 
attack range of -2" to 13". The flight data are  compared with wind-tunnel values at 
Mm = 4.7 and 5.0 and show good agreement over the angles of attack covered. 
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Figure 17.- Effect of angle of attack on the normalized impact pressures obtained 
in flight and wind-tunnel t e s t s  on the wing lower surface. 

Local Mach numbers derived from the surface static pressures and rake impact 
pressures a re  presented in figures 18(a) and 18(b) for free-stream Mach numbers from 
2 . 4  to 5.5 at two representative angles of attack, 0"  and 10". 
compared with the Moeckel-Love predictions by assuming the free-stream Mach number 
in front of the wing and using the local surface static pressure which is assumed to be 
constant through the flow field. Good agreement between the measured and predicted 
values is shown at both angles of attack up to M, = 5.5 beyond 1 inch (2.54 centimeters) 

from the surface. Predictions of the Inouye-Lomax theory at Moo = 4 . 7  and 5.0 are 
also presented in figure 18(a) at 

The flight data a r e  

a! = 0" for comparison with the flight data. 
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Figure 18.- Local Mach number variation on the wing lower surface in flight at a = 0' and loo. 
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CONCLUSIONS 

Flow-field measurements near the rear-lower-fuselage surface, upper vertical tail, 
and lower surface of the right wing of the X-15 airplane and model were compared with 
calculated predictions. The following conclusions were reached: 

1. The calculated predictions of Inouye - L o m u  and Moeckel-Love gave reasonable 
estimates of the flow-field parameters in the three local-flow regions. 
deviation in the fuselage region between wind-tunnel data and theory was due to embedded 
shock waves that were not accounted for by theory. 

Some of the 

2.  Flight-measured lower-fuselage impact-pressure measurements were some- 
what lower than wind-tunnel measurements at a free-stream Mach number of 4 .0  but the 
values tended to agree at higher Mach numbers. The general level of the flight data 
agreed with the Inouye-Lomax solution for zero angle of attack. 

3.  Flow-fieId impact pressures measured on the vertical tail fitted with both a 
sharp and a blunt leading edge were in general agreement with wind-tunnel data. 
chordwise effect on the impact pressures measured on the blunt-leading-edge vertical 
tail was not seen in the sharp-leading-edge vertical-tail data. 

The 

4. Dynamic pressures measured on the leading edge of the upper vertical tail in 
flight decreased with increasing angle of attack and increasing hypersonic Mach num- 
bers. 
effect of the forward fuselage and canopy. 
is attributed to the stronger bow and canopy shocks. 

These trends with increasing angle of attack a re  attributed to the blanketing 
The trend with increasing Mach number 

5. Flight and wind-tunnel impact-pressure measurements on the lower surface of 
the wing showed good agreement at free-stream Mach numbers of 4 .7  and 5.0. 

Flight Research Center, 
National Aeronautics and Space Administration, 

Edwards, Calif., March 22, 1968, 
7 19-01-00-03-24. 
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APPENDIX 

DYNAMIC -PRESSURE APPROXIMATION 

The normalized impact-pressure values can be shown to approximate normalized 
dynamic pressures by the following relationships. 

Starting with the dynamic-pressure equation 

q = 0. 7pM2 (for y = 1.4)  

the following ratio between local and free-stream dynamic pressure is obtained: 

Then, by using the Rayleigh pitot equation (from ref. 26) 

the following equation relating impact-pressure ratio to static -pressure ratio is derived: 

Substitute equation (2) into equation (1) as follows: 

Then, combine terms and simplify to give the following final relationship between impact 
pressures and dynamic pressures: 
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Pi1 q1 An analysis of the deviation between - 
q m  Pi 

and - shows that for local Mach 

numbers greater than 2.0, the normalized impact pressures will be within 7 percent of 
the dynamic-pressure ratio. 
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